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 Increased interest among both national and commercial organizations in launching lunar orbital missions 
presents a unique opportunity for researchers to deliver small-scale lunar surface payloads with looser restrictions than 
rideshare on lunar lander missions. We propose a low-cost 12U CubeSat lunar payload delivery mechanism, utilizing 
chemical propulsion rockets to deliver payloads from low lunar orbit to the Moon's surface. Hybrid propellant motors 
using acrylonitrile butadiene styrene fuel (ABS) were determined to be the most optimal choice due to their low-mass 
structural requirements and flexible thrust control. Recent advances in additive manufacturing have allowed for the 
design of complex fuel grains with ABS fuel, allowing the characteristics of hybrid engines to be fine-tuned for better 
control and performance. Full-scale testing of CubeSat hybrid engine variants is performed at Drexel University to 
characterize several different fuel port profiles, collecting data for both thrust performance and propellant consumption. 
For constraining baseline rocket performance requirements, finite burns modeled in a high-fidelity propagator 
(FreeFlyer) are used to optimize a lunar descent trajectory. A two-burn trajectory modeled after the Apollo mission 
burn profiles is designed to minimize craft velocity just above the lunar surface. For ensuring safe payload delivery, a 
simple, yet novel, pneumatic system to eject the payload prior to touchdown is proposed. The soft-landing technique 
discharges excess oxidizer remaining after descent maneuvers to accelerate the payload retrograde from the descending 
craft, similar to the mechanism of a compressed gas cannon, avoiding the need to keep the no longer necessary 
components of the CubeSat intact upon landing. Performance of this system is validated by determining oxidizer 
pressurization after completion of rocket fire tests and sensor reading accuracy in the lunar environment. Based on 
these analyses, we show that a 12U CubeSat payload delivery system is able to facilitate transport of payloads with 
masses up to 2.8kg, and 6.8 cm x 5.9 cm x 30 cm envelopes from low lunar orbit to the Moon's surface. By developing 
CubeSat-configured hybrid propellant rockets we present an opportunity to lower the barrier for researchers conducting 
studies on the Moon's surface.  
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Nomenclature 

ISP :   specific impulse, s 
ABS 
HTPB  
ΔV 
LLO 
COTS 
FDM 

:   Acrylonitrile Butadiene Styrene                                      
:   Hydroxyl-terminated Polybutadiene 
:   change in velocity, m/s 
:   Low Lunar Orbit 
:   Commercial / Off-The-Shelf 
:   Fused Deposition Modeling 
 

1. Introduction 

  For several years now, researchers have brought access to 
CubeSats beyond the frontier of university-level space access 
platforms, allowing both scientific and commercial 
enterprises to realize their potential in conducting missions 
throughout the solar system. Consequently, the propulsion 
systems required to transport them to target destinations 
remain some of the most pressing areas of development for 
CubeSat technology. There already exist established markets 
for small impulse, small ΔV systems designed to either 
provide orbit maintenance or short-range transfer maneuvers. 
These are usually sold in the form of monopropellant thrusters 
or ion and plasma engines. Classic chemical propulsion 
systems, however, remain largely absent from CubeSat 
applications. Drexel University proposes a design for hybrid 
propellant rockets at a 12U scale, and provides analysis 
suggesting their capability of Low Lunar Orbit (LLO) to lunar 
surface transfer for small payloads. 
  Hybrid propellant rocket systems offer several advantages 
over more conventional solid and liquid propellant systems. 

These advantages allow their use on CubeSat missions where 
COTS engines cannot provide high enough impulses 
necessary to complete the mission. Unlike solid rockets, they 
offer the ability to throttle and restart without sacrificing 
performance. Furthermore, they are simpler and less 
expensive than liquid propulsion systems with fewer fluid 
control manifolds, safer with no risk of exploding due to 
physical damage compromising the propellant, and more 
tolerant to fabrication errors in addition to having higher fuel 
density. Conventional-sized hybrid systems have shown to be 
capable of specific impulses of 400 s, and as much as 250,000 
lbf thrust [2]. While these numbers are promising and 
showcase the merit of large-scale hybrid rocket systems, 
recent studies in hybrid rocket propulsion have shown that 
certain system designs can allow for desirable performance 
from smaller sized rockets, even at CubeSat scales. A design 
for a chemical rocket employing gaseous oxidizer and solid 
fuel conforming to the CubeSat envelope and capable of lunar 
soft landing is heretofore proposed by Drexel University. 

2. Astrodynamics 

2.1 Trajectory Design  

  Spacecraft maneuvers are simulated in a.i. Solutions’ 
FreeFlyer propagation software. Initial input conditions for 
the CubeSat assume a 100 km altitude circular orbit around 
the Moon. This is a frequently employed stable lunar orbit, 
making it convenient for orbiter missions such as those among 
NASA’s planned 2024 lunar operations to deliver hitchhiker 
CubeSats [4].  
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Descent is modeled via a two-burn approach. The first follows 
the profile of a near Hohmann transfer, lowering periselene to 
2 km. At the new periselene, the second maneuver is 
performed to reduce the spacecraft velocity magnitude to 
zero. This burn is designed such that all remaining fuel is 
utilized at the point of contact with the surface. The periselene 
maneuver utilizes a gravity turn technique as the horizontal 
velocity component decreases in order to reduce loads 
imparted on the craft by the Moon’s gravity [9]. For this 
simulation, a spherical featureless Moon is employed as the 
model for determining touch down altitude. Terrain variation 
at the landing site when considering final approach angle and 
velocity is not factored in to the trajectory. Instead, 
allowances are made for these factors in payload landing 
condition tolerances.  
 

 
Figure 1: Screenshot of FreeFlyer flight simulation with 

resultant plot of spacecraft altitude over time. 

2.2. Descent Optimization and Outputs 

    The baseline spacecraft used for these simulations is a two-
engine 16 kg CubeSat of 8 kg dry mass capable of producing 
a nominal total thrust of 900 N at 250 s Isp. Each factor is 
varied independently to target minimum achievable impact 
velocities and propellant mass requirements. Values are 
ranged within theoretically achievable limits so that the 
corresponding experimentally derived values could be 
mapped to expected performance in orbit. Figure 2 shows the 
relationship that each has with the resultant impact velocity. 

 
Figure 2: Plot of expected impact velocity as a function of 

propellant mass and ISP. 
 

Along the range of achievable engine Isp values, the resultant 
impact velocity and propellant mass requirement were found 
to relate linearly. However, when thrust is varied at a given 
dry mass, final velocity asymptotes toward the minimum 
achieved velocity of the Isp and propellant mass values.  

 
 Figure 3: Plot of impact velocity as a function of engine 

thrust at 8kg dry mass and 250 s Isp. 
 
  The coefficients of the curves/lines themselves depend on 
the other static inputs, but the relationship is expected to be 
similar for any combination of these inputs. This is to be 
expected from the extreme thrust-to-mass ratio of a CubeSat 
lander operating with chemical propulsion engines, 
suggesting that improvements to Isp would most benefit the 
design. As shown in Figure 3, achieving a soft landing is 
possible at specific impulses above 225 s, however the 
required propellant mass changes with this value. 
Development and testing of the CubeSat scale rocket will 
therefore have to aim to achieve improved Isp in order to allow 
more mass to be designated for onboard payload. For the sake 
of further design analysis, a vacuum Isp of 275 s was set, 
meaning 8.15kg of propellant mass are required to achieve 
minimum ΔV for soft landing.  

3. Hybrid Rocket Testing 

3.1 Hybrid Rocket Design 

  Based on results gathered from the FreeFlyer simulations, it 
was necessary to construct a rocket capable of delivering over 
1675 m/s of ΔV and targeting optimal Isp which weighed more 
heavily on the spacecraft viability than thrust. For hybrid 
propellant rockets, this value is directly linked to the fuel 
grain regression rate and is highly defendant on fuel choice 
and oxidizer port geometry. [10] conducted studies 
comparing the experimental effectiveness of using ABS 
versus HTPB as hybrid fuel. The results of that study 
concluded that, with similar fuel port geometries, the thrust 
obtained through ABS is slightly lower compared to HTPB, 
however, their thrust/time profiles are almost identical. 
Whitmore et. al. developed mathematical models based on 
these results for mass flow rates of the oxidizer and fuel, 
respectively. The mass flow rate of the  oxidizer can be 
represented as:  

ṁ"# 	= 	𝐴"# ⋅ 𝐶)"# ⋅ *2𝜌"#(𝜌"# − 𝜌/) 
 

Where ṁ"# refers to the mass flow rate of the oxidizer, 
𝐴"#refers to the cross-sectional area in which the oxidizer 
flows through, 𝜌"# refers to the instantaneous chamber 
pressure of the oxidizer, and		𝜌/ refers to the initial chamber 
pressure of the oxidizer. The mass flow rate of the fuel can be 
represented as:  

ṁ1234 	= 	𝐴5267 ⋅ 𝜌1234 ⋅ 𝑟′ 
 

  Where ṁ1234 refers to the mass flow rate of the fuel, 𝑣5267	 
refers to the cross-sectional burn rate, and 𝑟′ refers to the 
regression rate. For this design, gaseous oxygen (GOx) was 
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chosen as the oxidizer due to the lack of requirement for 
additional thermal conditioning to reduce its ignition energy 
(such as would be necessary for N2O) [9] or to maintain it in 
liquid phase, thus reducing subsystem complexity. 
  The key difference between HTPB and ABS is the 
manufacturing method. While both are commercially 
produced through extrusion processes, ABS is also favored 
for Fused Deposition Modeling (FDM) techniques and 
commonly employed this way in 3D printers. This allows for 
a unique level of control over the fuel grain’s internal port 
geometry, providing a means to create precisely defined 
forms that are otherwise difficult or impossible to reproduce 
through milling or casting at virtually no added labor cost [1, 
3, 7]. 
  Complex fuel port designs were developed to investigate 
their effects on rocket motor performance with the intent of 
fine-tuning the performance in terms of thrust and regression 
rate until it meets the parameters defined by FreeFlyer 
simulation. [1]. Experimental testing of these complex fuel 
grain designs is ongoing; results are to be analyzed and 
validated in a follow-up study. 
  The rocket motor was produced from 6061-T6 aluminum, 
with an isomolded graphite nozzle. Fuel grains were printed 
using a Creality CR-10s 3D printer from unpigmented ABS 
in three 100% infill co-centric sections. The motor was 
assembled as demonstrated in Figure 4 below. With the 
exception of the fuel grain, each component was designed to 
be removable after each test in order to observe its condition 
and record observations of fuel grain regression. 
 

 
Figure 4: Assembly of the rocket motor. 

3.2 Testing Setup and Method 

  Preliminary testing of the developed motor centered around 
confirming re-ignitability of the fuel grain, and its 
performance over time. The latter was primarily based on the 
thrust curve of the regressing grain. Thrust monitoring was 
achieved by means of a floating sled suspended on four low 
friction wheels and attached to a strain gauge. The rocket was 
secured to the sled such that any thrust produced would 
register as force on the strain gauge. Although this setup does 
not allow for lossless or even representational quantification 
of the thrust output, it allows for measurement of the thrust 
force relative to its peak value over the course of the burns, 
allowing us to generate a valid thrust profile.  

 

Figure 5: Schematic of the test unit setup. 

  The oxidizer source was industrial grade oxygen gas of 
approximately 99.5 percent purity [6], supplied by a 30 ft3 
welding cylinder regulated to 800 psi (5.51 MPa). The gas 

line from the oxygen tank to the rocket consisted of a high-
pressure oxygen regulator, solenoid valve for emergency shut 
off, and a manual ball valve. Pressure gauges for the tank and 
line were each mounted on the oxygen regulator, downstream 
of the regulator itself. 
  The data recording equipment consisted of the digital output 
of the strain gauge and gas pressure gauges. These were 
monitored by means of digital cameras. The rocket plume was 
also recorded in this fashion. To start the test, the oxygen 
valve was opened approximately ¼ of its total, allowing a 
lower flow rate for ignition. Ignition was achieved through an 
electronic firewire igniter supplied with 120 V AC. Once 
ignited, the oxygen valve was opened fully, allowing 
maximum flow.  

3.3 Test Results and Discussion 

  With the oxygen flow valve opened, the pressure across the 
regulator dropped to 550 psi (3.79 MPa). The diameter of the 
regulator used was 0.25 in (0.64 cm). The density of oxygen 
at 550 psi and the ambient 64° F (20o C) is 3.42 lb/ft3 (52 
kg/m3) [8], giving an approximate calculated flow rate of 2.38 
lb/s (1.1 kg/s). The ABS demonstrated remarkable restart 
capability with 3/3 instantaneous ignitions despite varied 
stages of fuel port regression and port surface condition. The 
longest recorded burn time was 57 s, data from which can be 
seen in Figure 6 below.  

Figure 6: Plot of percentage of nominal thrust versus time 
during a 57 s burn of the tested rocket. 

4. CubeSat Delivery Vehicle 

4.1 CubeSat Delivery Vehicle Design and Payload 

  To accommodate the propellant necessary for soft landing 
ΔV output, twin rocket engines were designed such that the 
oxidizer tank and rocket motor would each fit in a 3U volume 
configuration. While it is possible to supply enough ΔV with 
a single such engine, the asymmetrical distribution of mass, 
torque produced by propellant flow, and off-center thrust 
would make maneuvers with such a satellite unwieldy. 
Therefore, the minimum supporting structure for this type of 
engine would be a 12U CubeSat frame. This layout has the 
added benefit of providing a simple means of rotational 
control along one spacecraft axis by simply throttling either 
of the engines when torque is desired. To manage the extreme 
thermal loads produced by operating these engines in vacuum 
in such a confined space, the casing to secure the tanks should 
include a layer of copper sheet to act as a thermal bridge 
between the fuel tanks and the oxidizer tanks. The passive 
heating effect would serve to pressurize the tanks as their gas 
is depleted and assist in providing stable flow rates for a 
longer portion of the burn. The remaining volume of the 
CubeSat would be used for mounting necessary equipment 
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and sensors. The central column of the vehicle, thermally 
isolated from the engines by lack of direct contact and 
reflective insulation, would be designated for payload. This 
column would open at the top to allow for payload release or 
dispersal.   
  

 
Figure 7: Rendering of the hybrid  propellant CubeSat 

delivery vehicle design. 
 
  Based on approximations of the required operational 
subsystems and the calculated propellant mass, this CubeSat 
would be able to support a surface payload of up to 2.8 kg and 
fit within a 76.2 x 68.6 x 300 mm space. The CubeSat delivery 
vehicle will require power for the ignition system, ADACS, 
and OBC. The total required power was calculated at 
approximately 2.5 W, and the approximate total energy 
required is 0.125 Wh. An individual off-the-shelf Li-ion cell 
is typically capable of providing 9.25 W and has a capacity of 
9.6 Wh [5]. Since the delivery vehicle requirements are so low 
as compared to the specifications of a standard cell, it is 
favorable for the delivery vehicle to share power with the 
payload, instead of having its own dedicated source.  

4.2. Payload Delivery Considerations 

   Although theoretically capable of soft landing, it was the 
team's intent that payload delivery risk be mitigated in 
anticipation of the widest viable range of landing conditions 
and impact velocities. For this reason, it was decided that the 
payload must be ejectable from the CubeSat delivery vehicle 
once the primary systems had completed their descent 
function and were no longer required for the remainder of the 
mission.   
  A number of methods exist to ensure the safe delivery of a 
payload to the surface of a planetary body, such as parachutes, 
airbags, and crumple zones. Parachutes are easily dismissed 
for the application of this design; although parachutes may be 
effective for landing on bodies with a dense atmosphere, the 
moon’s extremely sparse atmosphere will not supply enough 

drag force for this approach to be effective. Airbags, such as 
those used by the Spirit and Curiosity rovers, are effective but 
come with added complexity and constraints that make them 
infeasible additions to this design. They function well at 
absorbing and redistributing force, but the systems necessary 
to inflate airbags on the payload prior to impact would be 
prohibitively massive and were considered by the team to 
detract too much from usable payload mass budget. Crumple 
zones were chosen over the other options due to their 
simplicity and ease of application in this context. 
The effective crumple zone of the payload will be made of a 
10-millimeter-thick Aluminum Hexcel™ Honeycomb with a 
minimum compressive strength of 7.58 MPa (1100 psi). The 
maximum force that can be absorbed by a sample of Hexcel™ 
is modeled with: 
 

𝐹	 = 𝐶< × 	𝐴 
  Where Cs is the compressive strength in MPa, F is the 
maximum absorbed force in Newtons, and A is the area on 
which the force acts in m2. The average force of an impact is 
represented by the equation: 

𝐹 = 𝐾𝐸/𝑑 
  Where F is the average force experienced by the payload, 
KE is the kinetic energy of the payload just before impact, and 
d is the distance compressed by the Hexcel™. Using these 
two equations and the Work-energy theorem, it is possible to 
calculate the maximum height at which the payload can safely 
impact the lunar surface. 
 

𝐹 = 𝐶< × 𝐴 = 𝐾𝐸/𝑑 
 

  Substituting gravitational potential h for final kinetic 
energy: 
 

ℎ		 = 	
𝐶<𝐴𝑑
𝑚𝑔

 

 
  A worst-case landing scenario is assumed where the payload 
impacts a sharp rigid object, e.g. exposed rock, that only 
makes contact with 10% of the payload face area. The 
resulting contact zone is taken as the area A. The maximum 
height above the lunar surface which the payload can be 
safely ejected from is therefore approximately 40 meters. This 
determines the velocity with which the payload will have to 
be ejected, as the CubeSat would be still decelerating at this 
altitude.   

4.3. Payload Ejection Design 

   Payload ejection is conducted in advance of ground contact 
in case of unfavorable conditions for soft landing. It was 
determined that the simplest and lightest way to handle this 
was by utilizing subsystems already onboard the CubeSat 
rather than introducing entirely new mechanisms. Namely, 
the mechanism of action would be a form of pneumatic 
cannon, taking advantage of the pressurized gas supply 
aboard the vehicle. A small pressure reservoir is pressurized 
from latent O2 thermally expanded by the rocket. The volume 
of gas admitted to the chamber would be controlled by 
solenoid valves at the bottom of each oxidizer tank. At the 
selected altitude, this reservoir would open into the payload 
chamber and force the payload out using a burst of gas. The 
payload would be ejected retrograde to the CubeSat descent 
at a matching velocity. The amount of gas needed to 
accelerate the payload to the appropriate velocity can be 
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determined by modeling the motion of the payload as the gas 
expands.  The sum of forces on the payload is: 
 

𝐹 = 𝑚𝑎	 = 𝑚𝑣
𝑑𝑣
𝑑𝑥

= 𝑚
𝑑2𝑥
𝑑𝑡2

= 𝐴𝑃(𝑥) − 𝐴𝑃IJK − 𝑓 − 𝑚𝑔 
 in which m is the mass of the payload, v is the velocity of 
the payload, P(x) is the pressure in the reservoir as a 
function of x, the displacement of the payload, A is the cross 
sectional area of the payload, f  is the frictional force 
between the payload and the barrel, and g is lunar 
gravitational acceleration. 
 
   The total volume of the gas as the payload moves up the 
barrel, V(x) is represented by the equation 
 

𝑉(𝑥) 	= 	 (𝑉0 + 𝐴𝑥) 
 

in which V0 is the reservoir volume. 
The gas expands quickly, this is modeled as an adiabatic 
process: 
 

𝑃(𝑥)(𝑉0 + 𝐴𝑥)O = 𝑃0𝑉0O 
 
in which P0 is the initial pressure of the reservoir, and γ is the 
adiabatic index of the gas. 
 
Combining these equations and solving for the initial 
reservoir pressure gives: 
 

𝑚𝑣
𝑑𝑣
𝑑𝑥

= 𝐴(
𝑃/𝑉/O

(𝑉/ + 𝐴𝑥)O
) − 𝐴𝑃IJK − 𝑓 − 𝑚𝑔 

 
𝑣 = 

P
2
𝑚
(
𝑃0𝑉0
𝛾 − 1

(1 − (
𝑉0

𝐴𝐿	 + 	𝑉0
)OTU) − 𝐴𝐿𝑃IJK − 𝐿𝑓 − 𝐿𝑚𝑔) 

 

𝑃0 =
𝑚(𝛾 − 1)(𝑣 + V2(𝐴𝐿𝑃IJK + 𝐿𝑓 + 𝐿𝑚𝑔)

𝑚 )W

2𝑉0(1 − (
𝑉0

𝐴𝐿 + 𝑉0
)OTU)

 

 
From there, the ideal gas law is used to determine the mass 
required.: 

𝑃/𝑉/
𝑟𝑇

= 𝑛 

 

𝑛	𝑚𝑜𝑙𝑒𝑠	𝑂W ⋅
32	𝑔	𝑂W
1	𝑚𝑜𝑙𝑒	𝑂W

= 	𝑚"W	𝑔	𝑂W 

 
As determined in FreeFlyer, the spacecraft is travelling at 
approximately 25.5 m/s when the craft enters safe ejection 
range, meaning the pneumatic launcher would have to 
produce an equivalent retrograde velocity. The requisite 
reservoir pressure for this is 233.25 psi (1,61 MPa). With 
temperature loading of the reservoir by the active engines, 
this pressure is achievable with as little as 2.75 g of O2, 
however, the admitted mass and resulting pressure can be 
adjusted on-the-fly based on information from onboard 
thermometers and inertial measurement units. O2 would be 
designated to the reservoir at higher priority over the rocket 
engine as survivability of the rocket is no longer crucial to 
the payload mission. Due to its reusability, this same 
pneumatic ejection system could additionally find uses in 
staged deployment of multiple payloads during descent, or 

even dispersal of many small probes such as ChipSats 
throughout the flight.  
 

6. Conclusions 

  With our results of the live fire testing and trajectory 
analysis, we’ve found that hybrid propellant rockets have 
potential uses in future CubeSat missions, including an 
application that allows for far greater flexibility and 
frequency than using rideshare for the purpose of delivering 
payloads to specialized locations on the Moon's surface. 
While more tests are planned to collect a wide range of data 
on rocket performance, our current results show promise for 
future missions, allowing for new roads to be paved for 
advancements in CubeSat propulsion methods. 
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Appendix 

 
Figure 8: Propulsion schematic with thermal flow for the 

proposed CubeSat delivery vehicle.  


